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This paper analyzes the attitude dynamics of @ inflatable tetrahedron tethered to a 3U
CubeSatvia a 10metertether. In previously flown space tether missions the primary moment
on the system being considered is the gravity gradient torque. In this analysis, lever, the
large area to mass ratio of the target increases the impact of drag and solar radiation moments
so they are also examined. The dynamics of the deployed system was analyzed using the 42
spacecraft simulator, an opersource simulation software degloped by NASA Goddard.Both
single and 10 element tethers were analyzed at altitudes ranging from 300 kilometers to 600
kilometers. They system showed the potential to developnstable oscillations when
uncontrolled but an active damping control schemeshows potential for maintaining the
stability of the system.The deployment of the tether is analyzed as a damped spring system in
SIMULINK. The deployment is analyzed for three deployment speeds and three potential
damping ratios. Theimpact of thisanalysison therequirementsfor the attitudedetermination
and control subsystem are also considered.

. Nomenclature

forcevector

differential forcevector

standard gravitational parameter
inertial frame position magnitude
inertial position unit vector

x-axis principle moment of inertia
y-axis principle moment of inertia
z-axis principle manent of inertia
moment vector

differential mass

inertial position vector to differential mass
angular rate

angular acceleration

distance from center of mass center of pressure
deflection from local vertical
deflection from velocity vector
solar flux at 1 AU

solar incidence angle

speed of light

density

drag coefficient

inertial velocity vector

inertial velocity unit vector
reference area

mean motion

reflectane factor
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Lagrangian

kinetic energy
potential energy
spring constant
crosssectional area

>xXCHr
I

Subscripts

X axis component

y axis component

Z axis component

due to gravitational effects
due to drag effects

due tosolar radiation pressure
center of pressure
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II. Introduction

The analysis in this report focuses on the Tethering And Ranging mission of the Georgia Institute of Technology
(TARGIT). The primary goal of this mission is to demonstrate the functioraliycompact irspace LIDAR system
that could be used for topographical mapping in planetary missions. The system is a 3U CubeSat that deploys an
inflatable tetrahedral targewith an edge length of one metérat will be imaged using the LIiDAR instrunteifhe
anticipated mass of the CubeSat is 4.5 kilograms and that of the target is 0.508 kilognaregstem will have full
3-axis attitude contralising reaction wheels supplemented with torque rods. An optical camera will be used to track
t he t ositignaritidllg and be used to verify the deployment of the target.

It was noted early on that the high area to mass ratio of the target would cause it to drift away from the CubeSat in
a matter of hoursThe target has an area to mass ration of 0.8&rsgmeters per kilogram to the CubeSats 0.0022
square meters per kilogram when considering the1U side or 0.022 square meters per kilogram when considering a side
profile with its solar panels fully deployedt was deemed that this limited window to irestipe targeincurred too



much risk to the mission. To mitigate this risk and drastically extend the duration of the science mission it was decided
to initially tether the target to the Cube®ad later cut the tethand image the target as itftsiawsy.
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Figure 1: TARGIT Mission Operational Overview

The inclusion of the tether brings into question about the attitude dynamics of the wygténn turn impact the
design of sever al aoThe primay mottasos of this @nalysis is tb aidyirsttie elerign process
of the CubeSat specifically the required pointing accuracy of the system, reaction wheel requirements, optical camera
field of view, and the orientation of the system for use in communications aragetw.This report will analyze the
system to determine its level of stability, stable orientation, and deployment risks. The system is analyzed for a range
of low Earth orbits from 300 kilometers to 600 kilometers in 50 kilometers increntémdgrstanahg the dynamics
that govern this system would prove a benefit to future mission that may wish to use a similar architecture. This is
particularly applicable to the use of inflatables as drag devices in low Earth orbit.

A. PreviousTethered Satellite Missiams

Tethered satellite systems have been an active area of research for several decades and have been flown on several
missions. They have been considered for several applications including: formation flying, propulsion, attitude control,
and more recentlpr debris removalThefirst tethered system to be flown in space was during the Gemini 11 mission
in 1966 which used a 3f@etertether to connect the Gemini capsule with the Agena Target Vehicle to investigate
gravitygradient stabilization and the geagon of artificial gravity in spac@.he spacecraft rendezvoused in low earth
orbit with a periapsis at 248lometersand apoapsis at 3®4n. There was difficulty in establishing a passively stable
gravity gradient orientatiobut the system was stalaifid rotationally and was able to generate a small amount of
artificial gravity.[!

The next setf space tether missiswasa pair of experiments conducted from the space shuttle 1T8f8 TSS
1R. These missions relied on conducting tethers of appreedyr20kilometersin length to conduct plasma physics
data and once again test the concept of gravity gradient stabilization. Duriag) ff@Sether became stuck after
reaching a length of 25@eterand the mission was unable to be completed.-TRSvasthe follow-on mission to
TSS1 and was also unsuccessful. Its tether broke after extendingitb®nétersbut it was still able to collect some
of its data. Another mission, designated TB38asproposed but it was never selected. This marked the enanrfad
space tether missior.



Following the manned missions NASA launched a tritettiered satellite missions using the Small Expendable
Deployer System (SEDS) in 1993 and 1994. The missions were called-BEEEDS2, and the Plasma Motor
GeneratorPMG). SEDS1 and SEDS deployed an end mass of @B gramsattached to a 20 kilometer teth@&he
objective of the SEDS mission was to demonstrate the ability of the SEDS platform to successfully deploy a 20
kilometerstether and to study the reentrfitbe end mass after cutting the tethEne mission was successful and the
tether was cut after completing one orlSEDS?2 investigated the use of a closed loop control systelmit the
deployment speed of the end mass to deploy the system aldogaheertical while minimizing any librations in the
system.The system deployed successfully with a libration of only 4 degrees and the control loop limited the final
deployment rate to only@ntimeters per secondmpared to SEDS final speed of eters per second he mission
was cut short, however, due to the tether breaking prematurely. This is suspected to have been caused by an impact
from debris or a micrometeoroidflhe PMG mission was this first in space demonstratiorutdizing the
electrogynamic properties of 800 meterconducting tether for providing power and propulsidine science phase of
the mission lasted seven hours when the batteries died and successfully demonstrated both caBabilities.

The United States Navy also launched ttethered satellite missions the Tether Physics and Survivability
Experiment (TiPS) and the Advanced Tether Experiment (ATERg goal of TiPS was to test thengterm
survivability of a 4kilometerstether in low Earth orbit where it survived for 10aye before the tether broke. The
ATEX mission attempted to test active tether control and stabilifjortunately,the tether was severed by the
automatic safety system of the satellite after only deploying@2rsof tether.™

In addition to the saliées built by government agencies there have been several university built tethered satellite
missionsThe Young Engineersé Satellites 1 and 2 (YES and
European Space Agency and university stud&uath of these missions attempted to deploy tethered satellite systems.
YES did not succeed in achieving its planned orbit so the system was not deployed. YES2 suffered a communications
failure but telemetry suggests that the system successfully deploy&kitsmetertether to place its payload on a
reentry trajectory as plannéd. In addition to these missions two tethered satellite missions developed by Kagawa
University in Japan have flowithese were the Space Tethered Autonomous Robotic SatdfARS and STARS
II). STARS planned to deploy arBetertether but the deployment failed after only deploying several centimeters. The
STARSII mission deployed a 30@eterelectrodynamic tether. The deployment of the tether could not be confirmed
but the apid deorbit of the system suggests that it was succe$sful.

There is an upcoming tethered CubeSat mission that plans to use a tether the same length of that on TARGIT. The
mission is known as the Miniature Tether Electrodynamics Experiment (MiDEE)kLting developed by the
University of Michigan and is scheduled to launch in late 20E8ccessful it will be the first fully successful tethered
CubeSat mission flown thus favliDEE is using the same 3U form factor as TARGIT but the end mass @thies t
is very different from that of TARGIT. MIDEE uses a small, compactsaibllite as an end mass to help pass current
through the tether for electrodynamic propulsi@iven the small form factor of the sishtellite drag is not nearly as
critical ofa factor as it is on the TARGIT missidf®!

The TARGIT mission is a departure from more traditional tethered satellite system in two significanttaspects
first of which is the length of the tether. Previously flown tether missions have utilizedstdthe are hundreds of
meters to several kilometers in length, with the exception of the STARS mission which failed to deploy, but the tether
proposed in the TARGIT mission is only fretersin length. This limits the impact of gravity gradient torquescivh
attempt to stabilize the system along the local vertical. The second departure from space tether mission norms is the
end massThe end masses in the previously mentioned missions have allfilgefunctional satellites or an
electronics package sbe area to mass ratios have been small. The inflataddmifies the impact of drag and solar
radiation pressure. These effects will be examined in detail in the following sections.

lll. Driving Torques

In previous examinations of tethered satellite systénesanalysis has focused almost exclusively on the impact
of gravity gradient torques on the system. This can be justified when considering most satellite systems especially
outside of low Earth orbit. This is not the case, however, for the TARGIT misSialpeSat missions allow for
experiments to be conducted in space at a greatly reduced cost making them ideal for universities and small companies.
When deployed the inflatable target will increase the area to mass ratio of the system by an orderuafenagist
increased area will drive up the impact of both drag and solar radiation torques on the systenthekiraylonger
negligible. Themagnitudes of these torques as a function of altitude can be seen in the figureTheldigure was
generated sing orientations that would maximize each of the moméihtis. is aligned along the velocity vector for



the solar radiation moment, aligned along the local vertical fodrdg moment, and 45 degrees between the velocity
vector and the local vertical foine gravity gradient moment. The reference area of the target was assumed to be 0.43
square meters to reflect the area of one side of the tetrahedron. The area of the\Zag@8atsquare meters when

ram aligned and 0.09 square meters, accounted jidwylsl solar panels, when aligned with the local vertical.
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Figure 2: Driving Torques in Low Earth Orbit

It can be seen from the figure that while the gravity gradient and solar radiation torques remain consistent with
altitudethe torque due to drag decreases greatly. The maximum and minimum drag torque lines correspond to the
diurnal variations expected at each altitude. These values were generated using ti& SERR0B/atmosphere model.

At lower altitudes it is clear that th#rag torques are dominabut at aroundb00 kilometersthe gravity gradient

torques begin to become comparable. The solar radiation pressure effects only begin to become significant at the
highest altitudes being considered and even then they are nanemdbas the gravity gradient and drag effects. It

is also important to note that the solar radiation pressure is not a factor while the spacecratft is i leelgis@arity

in the magnitudes of these torques greatly impacts that attitude dynarttiessystem. These effects will be more
thoroughly examined in the section below.

B. Gravity Gradient Effects

The force of gravitypetween twppoint masses is calculated via the following equation:

My (1)

This simplification is useful for the prediction of the trajectory of the system but cannot describe the small changes
in the gravitational force along a rigid body. To accomplish ahdifferential gravitational forcequation must be
used. This equation can then be integraterdss the mass of the body.

"1 W (2)
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When integrated the moment equation yields the followthg
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Where—h—PA T -Aare the direction cosines of the vector to the center e$fia allow for a body fixed rotating

reference frame as the satellite orbits the Eart h, Eul
Lo, L, koo, 2L, L, (7)
Lo, L. 5,00, 2L, L, (8)
Lo, k. K.oo, 2L, K, (9)

The gravity gradient torque has equilibrium positions: the axis of minimum inertia aligned vertically or
horizontally. Of the two equilibriunarientationsonly the vertical case is stable.the presence afther perturbing
torques, such as drag and solar radiation pressure, this stable orientatiol!SHikse stability orientations for the
TARGIT system can be seen in Table 2. For the stability considerations just mepgongbations about the verdic
axis are of the most interesid it will be the axis considered for the remainder of this analisis.also allows for
the dynamics of the system to be drastically simpliflethe system is restricted to only rotate abimuthe orbital
plane, nomal to thex-axis and the system follows a circular orbit gerturbation anglef the x axis and the local
verticale—eis given by the following:

‘ (10)

If only small angle perturbations are considered the system can be modeled as a simple harmonic oscillator with
an angular frequency of:

H5, 5« 5,k
» ke e

(11)

Where n is the mean motion of the system. It is important to note that the above equation relies on the small
angle approximation to linearize rotational dynamics and is not accurate for large pegugrationsTo more
accurately desibe how the system behaves at higher angular perturbations simulations can be used.

C. Drag Effects



Thedrag force experiendeby the satellite is given by:

P, -z POPH (12)

The moment generated by drag for each body is given by the following equation:
o m_ P (13)

To simplify the dr@g momentequation,it is assumed once again that the system only rotates aboouthited
plane, normal to the-axis and follows a circular orbit.

I -z fmeni@ (14)

In a drag donmiant case the system will be stable when oriented along the velocity &adtoris the deflection
from this orientationThis will be stable if the low drag body is leading and unstable if the high drag body is leading.
Due to the CubeSat having a musrhaller dragarea than the target and shordéstance to the center of mass the
moment generated by the body of the CubeSat is igntfrechall angle perturbations are assumed as were for the
gravity gradient analysis the system can once again be maegetarmonic oscillator with a frequency of:

[

ar ez
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The above equations assume a constant atmospheric density at a given orbital altitude. For most satellite
applications, even for many tetted systems, this is adequate assumption as they generally have relatively low drag
area to mass ratios or operate above low Earth &dnithis case, however, drag torghese a significant impact on
the attitude dynamics of the system so densityatiaris must be considered. The 42 Simulation Framework uses the
NRLMSISE-00atmospherienodel so it will be used to examine how the density of the atmosphere Vaigesiodel
was releagin 2000 by the US Naval Research Laboratory and was developedieatipiprimarily using mass
spectrometer and incoherent scatter radar data. It considers a variety of inputs including latitude, longitude, altitude,
time of day, solar flux, and magnetic flukhe following figure shows how the atmospheric density variesg a
400kilometerorbit. The starting date for the density profile in the figur&eptembel, 2019 in accordance with the
anticipated mission timeline.

(15)
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Figure 3: Diurnal Atmosphere Density Variations

The density of he atmosphere varies in a roughly sinusoidal reamrhose maximum indicates tharSbeing
directly over the spacecraft. The density oscillates wittstime frequency as the mean motion of the spacelfraft.
this density variation is included into the dragment equation it becomes difficult to develop an analytical solution
to determine how system evolves with tinfde period of the small oscillations due to drag and gravity gradient
effects can be seen in the following table.

Table 1: System Oscillations

Oscillations Per Orbit

Altitude
300km
350km
400km
450km
500km
550km
600km

D. Solar Radiation Pressure

Gravity Gradient Low Drag High Drag

1.66 13.27 15.98
1.66 8.59 11.20
1.66 5.70 8.13
1.66 3.88 5.94
1.66 2.58 4.52
1.66 1.74 3.44
1.66 1.17 2.64

This effect describes the pressure experienced by the spacecrafttdeeddiation emitted by thaus It varies
along with the solar cycle which is approximately 11 years. The variations, however, are small and can libeseen in

figure below.



1368 LU il LI U N N I R A R B N B R N B B N B B A R B B D N BN R B R B R ]I' T
— Total Solar Irradiance Period ' =
=R Analyzed 41
o )
13671 25! 2 Solar
E fcg i :gg Forecing
__________________________________________ L7 -
% - r | ',‘,ll o J|.1 i - T
: 1366 Al i LN b | ll :
= 1 — d| i L = 2
= - WA I 1,|| A | 025 Wim
EoLp P Wi, -
SR SR TS | .~ S B
& 13651 : ‘ b
i ——— 31-Day Running Mean i
i : — 365-Day Running Mean b
1364 1 L 1 Il 1 L 1 L 1 L 1 1 1 1 1 1 1 1 1 1 1 1 1 1 L 1 L 1 L | 1 1 1 1 ] II L

1975 1980 1985 1990 1995 2000 2005 2010
Figure 4: Solar Cycle Irradiance Variationst!

The force it exerts on a spacecraft can be calculated by the following equation:
» n
oz a (16)
T
This can beranslated into a moment using the equation:
0 3 awHI" (17)
s

Wheren is the total solar flux at &stronomical unitvhich is approximately 136@&atts per meter squaraahd q
is the reflectace of the material being considered. The reflectance can range from zero, if the material absorbs all of
the energy, and one, if thmaterialreflects all of the energy. For the purposes of this analysis the reflectance was
assumed to be 86, approximate} the value for aluminized Myldr!. The effects of solar radiation pressure on a
spacecraft are generally minimal but due to the relatively large area of the target it must be considered. While even in
the TARGIT missions case the moment it exerts Ikastiorder of magnitude less than the gravity gradient and drag
torques it is maximizedhen the spacecratt is in an orientation where the others are minimized. The total impact of
these momentis examined in the following section.

E. Net Impact

The impacs of each of the moments on the satellite that have been discussed are heavily dependent on the attitude
of the spacecraft and when all of the moments are added together no analytic solution for the attitude of the spacecraft
can be determined. The maguigs off the moments as a function of altitude can be seen ireF@nd it can be
clearly seen that drag and gravity gradient torques are doon@ant at alhltitudes. It is also important to note that
there is no effect from solar radiation pressutelavthe satellite is in eclips@he density of the atmosphere also
changes based on if the satellite is in eclipse. This diurnal effect decreases the drag on the spacecraft during eclipse
and increases it when it is not. The following two figures shandty light, high drag, torques and the eclipse, low
drag, torques.
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The points where the plots cross zero on tHaig ae where all of the torques being considered cancel out and
are orientations where the sateligen an equilibrium positioiWhere the y axis is crossed with a positive slope the

orientation is an unstable equilibrium and where it is crossed with diveeglpe it is a stable equilibriunrAlong

the system rotatioaxis,the zero degregoint is where the system is aligned along the local vertical aré@tadegree

point is when the system is aligned with the velocity vector with the taegigtg the CubeSat. Figures 5 andligow
the moments at a 6dGlometerorbit. The stable equilibriuraf the system at orbits ranging from 3Kilbmetersto

600kilometersis presented in the table below. Itiggortant to note that in Tabletl?e zero degree pdirs when the
system is aligned along the velocity vector with the target trailing.

Table 2: System Equilibrium Orientations

EquilibriumQOrientation

(Deflection from Velocity Vector)

Altitude
300 km
350 km
400 km
450 km
500 km
550 km
600 km

Low Drag High Drag High Drag with SRF

+/-

O 9 9395 3935393549

(O}

n

3 3 3 3 3 3
X X X X X X

X

-ndnox
-ndnc x
-1 OM M X
- ®H H X
-ndnHX
-n Py H X
MDYy X

It can be seen from TabletBat for the majority of low Earth orbits being considered the system willds m
stable oriented along the velocity vector. This is not the case, however, for thto@@&terorbit where the gravity
gradient moment overpowers the drag moment when the satellite is in eltlggsebe expected that thgstem in a
600kilometersorbit will experience large oscillations due to this difference in equilibrium condifitvesother cases
seem as though they would be fairly stable considering that drag is the dominant moment on the system both in and
out of eclipse. The impact of soladiation pressure in these cases, however, cannot be ignored. The solar radiation
periodicallyexerts a force on the system which will make it begin to oscillate. This combined with the variations in
drag can create oscillations that may increase iniamdplover time. It is also possible that these variations in the
forces on the system could damp the oscillations out depending on the frequencies of the perturbing effects. Other
damping factors on the system will be minimal as any drag due to lateiahr®negligible. To better understand
how the system will behave simulations must be used.

IV. Fully Deployed Attitude Simulation

To analyze the fully deployed attitude dynamidsthe system the simulation software 42 was ud@dis an

opensource simulatin software written in C and developed by NASA Goddartis simulation software allowed

for the rapid development of mission prototype simulations to determine the expected behavior of the system once it
has been deployed. The software contains the NREEB®0 atmosphere model which is the current standard being
used in spacecraft simulationsalso includs a gravity modetvith up the 18 order spherical harmonics, an IGRF
magnetic field model, and accurate solar radiation pressure modelaitpws for the creation of both rigid and

flexible multi-joint bodies as well as the simultaneous simulation of separate bodies to study the relative motion of

two spacecraftlt isolates intrabody dynamics from its orbit propagation models which allows thalation to run

using larger time steps speeding up the simulation run time. Thebidrd y dy nami c s

Method and the orbit propagation can be selected from fixed, -Billeror Encke propagation methodall

ar e

cal cul a

propagation methodssa a fixed timestep RK4 integration schemel2 provides a rapid, open source, tool whose
environmental and dynamics models have been verified by NASA. Without this software the analysis in this paper

would have been impossible.

A. System Description

* 42 was downloaded frohttps//sourceforge.net/projects/fortytwospacecraftsimulatitast accessed on 03/27/2018
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The tethered satellite system is modeled in 42 in two different manner. The first being with a single element rigid
tether and the second with a tether consisting of 10 rigid segments connected by freely rotatinghmintass
properties of the target, GaSat, and tether being used in the simulation are preserifedlen3 The moments of

inertia are calculated with respect to the center of mass of eachTdudyody frame definitions can be seen in the
following figure.

Tether Body-Frame

X-axis

CubeSat Body-Frame

Zowxi
s Target Body-Frame

X-axis )
Y-axis

Figure 7: TARGIT System Body Frame Definitions

Figure 8: Starting Configuration for 42 Simulation, the pink axes correspond to the local coordinates where i
is the ram direction and & is the local vertical

13



Table 3: Simulation System Mass Properties

Satellite Target  Tether(10m Tether
length) (1m length)
Mass (kg) \ 4.5 0.508 0.01 0.001
0 1 )i Y\ 0.0375 0.0086 0.083 8.3*10°
lyod 1 Fi Y\ 0.0375 0.0086 0.083 8.3*10°
l.,6 1 A)i Y\ 0.0075 0.0076 1.25*10° 1.25*10°

B. Single ElementTether Simulation

In a nominal state, where the tether remains fully extended under constant tensitetimeceyy be modeled as
two bodies connected by a rigid tether. This system was simulated for two weeks to determine how a nominal
uncontrolled system would behave in orbithe system begins aligned along the velocity vector with an angular rate
matchingits mean motion so it would remain aligned with the velocity vector in the absence of any perturbing forces.
The angular deflections from the velocity vector can be seen in the plots below.
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Figure 9: Deflection from Velocity Veaor, 300km
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Figure 12: Deflection from Velocity Vector, 450km
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Figure 13: Deflection from Velocity Vector, 500km
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Figure 14: Deflection from Velocity Vector, 550km
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It is clear from the figures ale that, especially at higher altitudes, oscillations can develop and arBpléyto
the complex dynamics of the systémbehavior is heavily dependent on its initial conditioBsice thisoscillatory
behavioroccurs even in an ideal system a morenegfi simulation was deemed to be necesstwycombatthe
tendency for oscillations to develop a damping mechanism should be developed. An active damping method is
introduced in the following section but a passive damping method could also be utilized.

C. Multi -Element Simulation

The simulation scenarios for the rigid tether simulations were repeated using-aleméint tether to more fully
understand the intraystem dynamics that developtotal of ten onemeter segments were used, each modeled as a
rigid cylinder.It was discovered that like in the rigid cases oscillations would develop this increases the likelihood of
oscillations developing in the tether leading to slack in the system. This ultimately causes the system to become
unstable and risk$e tether tangling around either the spacecraft or the target. This behavior caused instabilities to
develop at all of the altitudes being considered. To mitigateistkisit is necessary to develop a manner of damping
oscillations in the system beforgely are able to amplify and cause instabilities. A basic active damping control was
developed in which the CubeSat simply pointed opposite the direction that the target deflected from the velocity
vector. The controller proved effective in reducing thellasions in the system but a more refinméthod of damping
would be required to ensure system stability. The deflection from the velocity vector in an uncontrolled and in a
controlled case can be seen in the figures below.

Figure 16: Deflection from Velocity Vector, 500km Uncontrolled System
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